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Abstract

The theoretical investigation of longitudinal dynamic stability of
the RTAF-5 aircraft is presented. The solution of motion problem is
developed by transforming a set of linearized equations derived from
equations of motion into transfer functions. The stability characteris-
tics and the parameters of two oscillations so-called 'short period"
mode and ‘'phugoid" mode are calculated by using LOPROG computer program.
The effect of variation in the moment of inertia about the y-axis, Iyy’
on stability behaviour is also studied. Results obtained from the
calculation are analysed by comparing with MIL-F-8785 B and those indi-
cate that the response of longitudinal motion of the RTAF-5 at selected
range satisfies the requirements which established in that military
specification and is influenced by the change in Iyy values when the

motion is of short period mode.



Chapter 1

Introduction

In recent years, it has been evident that the development of any
kinds of aircrafts has greatly increased. The essential of this develop-
ment is to increase the efficiency and effectiveness of modern aircrafts
to meet such a requirements in a competative market. However, an increase
in either efficiency or effectiveness of an aircraft leads to an increase
in its cost and this affects the development of air power of the Royal
Thai Air Force of which the budget is comstraint. Thus, the Royal Thai
Air Force has sometimes had to build some aircrafts itself so that not
only the intended plans can be accomplished but also its engineers can
gain their knowledge and experience in the future.

RTAF-5 is the latest aircraft which was designed by the Royal Thai
Air Force in 1975. Tt is of high wing and twin booms, with two seats in
tandem. Its primary mission is for advanced pilot training and it can
also be adaptable for forward air controller mission. The distinct
characteristic of RTAF-5, in comparison with other aircrafts, is an
installation of the engine at the recar end of the fusclage which 1s so-
called pusher type. The essential benefits of the pusher type are those
of the significant accommodation of a cockpit due to the aerodynamics
smoothness of the aircraft nose and no disturbed airflow over the wings

caused by the slipstream due to rotating of propellers.



Because of many inherent problems occuring during its development

and construction, a prototype of the RTAF-5 was just flown for the first
time on 5 October 1984. Subsequently, it has been flown for collecting
some basic aerodynamic data, handling qualities and performance testing,
in order to develop and improve its efficiency as good as possible.
Since this experimental investigation is being conducted by the Royal
Thai Air Force, this study is, thus, proposed to adapt a mathematical
model for analysing numerically the longitudinal dynamic stability of
the RTAF-5.

In the following sections, a description, three views drawing and
dimensional data will be presented respectively. Some of these data will
be used as input data in the calculation of associated parameters, which
are damping ratio and natural frequency, of each mode of motion.

In chapter 2, the derivation of the equations of motion will be
presented. These equations follow from Newton's second law (1). The
several assumptions used to form the basis for the derivation will be
also presented throughout this chapter. Two independent sets of equationms,
which describe the longitudinal and lateral motions, developed frem the
equations of motion with the assumptions made will be given,

Chapter 3 concerns the further development of a solution of longitu~
dinal dynamic stability. The lincarized equations of motion obtained in
chapter 2 will be transformed into the transfer functions. These functions
will be subsequently rearranged into the form of quadratics to yicld the

required solution.



Chapter 4 and 5 present the results of an investigation of the
response of longitudinal motion of the RTAF-5, conclusion and discussion
respectively. The investigation is emphasized on an effect of changing
the values of Iyy’ ranging from 1000 to 6000 slug—ftz, on each mode of
motion. In calculating the associated parameters, a computer program
is developed. This program is generally based upon the expressions
obtained in previous chapters and upon the typically aerodynamic data
presented in text books (2-7) and published reports (8,9). The results
of the investigation will be analysed by comparing with the handling

qualities requirements of MIL-F-8785B(10).
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Description of the RTAF-5

Type

Wings

Fuselage

Tail Unit

Landing gear

Power Plant

two-seat advanced trainer

Cantilever shoulder-wing monoplane, constant-chord
wing without dihedral or sweep.

Short pod-type fuselage of conventional aluminium
semimonocoque construction.

Cantilever all-metal structure carried on twin
booms of semi-monocoque construction.

Retractable tricycle type, with single wheel on
each unit.

one turboprop.



GENERAL DATA

DIMENSION

AND

SPAN (OVER ALL)

CENTER SECTION

AIRFOLL SECTION
CHORD (CONSTANT)
SPAN

INCIDENCE
DIHEDRAL

SWEEP OF LEADING EDGE

OUTER PANELS

AIRFOLL SECTION

WING STA. 74.00

WING STA. 188.00

CHORD

WINC STA. 74.00

WING STA. 188.00

SPAN

INCIDENCE

WING STA. 74.00

WING STA. 188.00

DIHEDRAL

376.00 IN.

NACA 632A415
65.00 1IN,
148.00 1IN.
3 DEG.

0 DEG.

0 DEG.

6324415

631A412

65.00 1IN.

56.50 1IN.

228.00 1IN.

3 DEG.

0 DEG.

3 DIG.



"SWEEP OF LEADING EDGE

WASHOUT

ASPECT RATIO

TAPER RATIO

ATILERON

HIGH

SPAN

CHORD

WING STA. 122.125

WINC STA. 175.75

LIFT DEVICE

HORIZONTAL TAIL

TYPE

INBOARD

AIRFOLL SECTION
SPAN

CHORD

WING STA., 20.25
WING STA. 52.00
OUTBOARD
AIRFOLL SECTION
SPAN

CHORD

WING STA. 75.00

WINC STA. 121.875

AIRFOLL SECTION

(ABOVE E BOOM 51.36 IN.)

1.5 DEG.

3 DEG.

6.2

0.87

107.25 1IN.
21.494 1IN,
20.095 1IN.

SINGLE SLOT FLAPS

NACA 6321

63.05 IN.

19.50 1IN.

19.50 1IN.

NACA 6318

93.76 1IN.

19.478 IN.

18.429 1IN.

NACA 0012



SPAN

CHORD

INCIDENCE (25/CHORDLINE)

SWEEP OF LEADING EDGE
DIHEDRAL

ASPECT RATIO

SPAN

CHORD (AFT. HINCELINE)

VERTICAL TAIL

AIRFOLL SECTION
SPAN (ABOVE C BOOM)
CHORD
SWEEP OF LEADING EDGE
ASPECT RATIO
RUDDER
SPAN (ABOVE C BOOM)
CHORD (AFT. HIGH LINE)
FUSELAGE
LENGTH
MAXIMUM WIDTH
HEIGHT
LENGTH (OVERALL)

LOCATION OF THRUST LINE

HORIZONTALLY FROM FUSELACE STA. 0

VERTICALLY FROM C BOOM

(WL + FUSELACE STA. 217.35)

127.00 1IN,
41.50 1IN.
2 DEG.

0 DEG.

0 DEG.
3.06

127.00 1IN.

26.98 1IN.

NACA 0012
48.06 1IN.
39.00 1IN.

23 DEG.

44,36 IN.

10.92 1IN.

221.082 1IN.
37.00 1IN.
120.00 1IN.

368.00 1IN,

217.30 1IN,

10.25 1IN,



INCLINATION OF THRUST LINE TO FUSELAGE

PROPELLER DIAMETER

WHEEL BASE

WHEEL TRACK

CONTROL SURFACE AND CONTROL MOVEMENT

AILERON
TRAILLING EDGE UP
TRAILLING EDGE DOWN

FLAPS

TRAILLING EDGE DOWN
RUDDER

INBOARD

OUTBOARD

HORIZONTAL STABILIZER

TRAILLING EDGE UP

TRAILLING EDGE DOWN

AREAS

WING
CENTER SECTION
OUTER SECTION

FLAPS

INBOARD

OUTBOARD

96.00 1IN.
139.20 1IN.

130.00 1IN.

25 DEG.

20 DEG.

40 DEG.

17t2 DEG.

22+2 DEG.

25+2 DEG.

15%2 DEG.

163 FT?

67.79 FTZ

95.20 FT2

22.50 FT2

9.95 12

12.55 FT2



AILERON

[ORIZONTAL TAIL

STABILIZER

ELEVATOR

VERTICAL TAIL

FIN

RUDDER

15.48
35.45
21.71
13.45
34.42
22,12

12.30

FT

FT

FT

FT

FT

FT

FT
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Chapter 2

Equations of Motion

Motion of an aircraft can be described by a set of equations. The
derivation of these equations usually follows from Newton's second law
under various assumptions depending on a type of aircrafts and flight
conditions.

In this chapter, it is proposed to develop the mathematical formula-
tion of equations of motion emphasizing for stability analysis of a typi-
cally general aircraft. The assumptions used to form the basis for the

derivation will be presented throughout the formulation.

Formulation of Problem.

Table I, with the aid of fig. 1, defines the direction of the axes
with respect to the aircraft, as well as the nomenclature needed to
apply Newton's second law of motion. The first two assumptions, which
specify the nature of the body being studied and the atmosphere in which
it is set, are as follows.

Assumption I The airframe is assumed to be a rigid body; thus,
the distances between any specified points in the body are invarient.

Assumption IT The earth is assumed to be fixed in space, and the

earth's atmosphere is assumed to be fixed with respect to the carth.

.
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Figure 1 Direction of the axes with respect to the aircraft.

Table I  Direction of the axes with respect to the aircraft and

nomenclature needed to apply Newton's law.

Linear Angular Summation
Velocity Velocity of Moments of Forces ments
Along
Axis

Axis
* Along Along About
Axis Axis Axis
P
X U Rolling LL
Vel.
Q
Y v Pitching IM
Vel.
R
Z W Yawing LN

Vel,

LF

LF

LT

Momentum

Summation Displace-~ Moments of Moment

of
Iner-
tia

XX

yy

2z
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The mathematical statements of Newton's second law of motion, which
states that the rate of change of momentum of a body is proportional to
the net force applied to the body and that the rate of change of the
moment of momentum is proportional to the net torque applied to the

body, can be written as

d . 4
ZFX . (mU) R ZFy it (mV) b
o= S (1)
z dt ’
and
dhX dh
L= , ™M = —th ,
dh
IN = —Z (2)
dt

Assumption IIT  The mass of the aircraft is assumed to remain
constant for the duration for any particular dynamic analysis. This
assumption permits the mass of the aircraft to be written outside
the differentiation sign in Equation (1).

The moments of momentum referred to in equation (2) can be expanded
by using an element of mass of the aircraft dm which is rotating with
the angular velocity w (w = Pi + Qj + Rk). This element of mass is at
the point (x, y, 2z) measured relative to the center of gravity, c.g.,
of the aircraft. The motion of the element of mass can be approximated
by six linear velocity components (Py, Pz, Qx, Qz, Rx, and Ry), as seen

in Figure 2.
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Fig.2 : Linear velocity components of an element of mass caused by an

angular velocity w having components P, Q, and R.

The x, y, and z components of the moment of momentum are calculated
by summing the moments of these velocity components about each axis and

multiplying by mass dm. For example,
dhx = y(Py)dm + z(Pz)dm - z(Rx)dm - y (Qx) dm.

Thus, if the moments are taken about the X, ¥, and z axes, the set of

equations is obtained as follows,

2
dhX = (y2 + 2 )P dm -~ zx R dm - yx Q dm,
2 2
dhy = (27 +x7)Qdm - xy P dm - yz R dm,
2 2
dhZ = (x"+y)DRdm - xz P dm - zy Q dm. (3)

For a finite mass, the components of the moment of momentum are the
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integrals of equations (3). If we define the moments of inertia about

X, y and z axes as

2 2
Jy" + z7) dm ,

I =
XX
2 2
I = f(x" +27) dm , and
yy
2 2 :
Izz = J(x" +y") dm respectively ,
and the products of inertia as IXy = Jxy dm , Iyz =  fyz dm
and Ixz = Jxz dm , the integral relations become
h., = PI_ -QI ~- RI
X XX Xy Xz
h. = QI - RI - PI
y yy yz Xy
h = RI. -PI -QI (4)
z zz Xz yz

By differentiating equations (4) with respect to time, the equations

of motion relative to inertial axes become :

du dv dw
¥ = m— IF = = m—
X dt ’ y L PR dt
dhx .
IL = = PI_+PI_ -QI_ ~-QI_ -RI -RI ,
dc XX XX Xy Xy X2 X2z
dh . )
m o= —L = 41 +qi -Rr_-Ri_ -PI  -Pi , and
de yy vy yz yz Xy Xy
dllz - . . . . .
IN = — = RI +RI__-PI__-PI__-QI - QI . (5)
dt zz zz Xz Xz yz yz

- In interpreting flight measurements, it is desirable to change
the fixed axes system to an Fulerian axis system, i.e., a right-hand

system of orthogonal coordinate axes which has its origin at the center



of gravity of the aircraft and its orientation fixed with respect to
the aircraft. Velocities of the aircraft measured relative to these
axes are absolute velocities, since the Eulerian axes are considered
to be fixed in space. Also, moment and products of inertia in the
Eulerian axis system are independent of time, since these axes are
fixed in the aircraft, thus, dI/dt = 0. Since the Eulerian axis
system moves with respect to inertial space, the absolute acceleration
(measured in the Eulerian system) can be written :

AabS = dVT / dt + w x VT

If U, V, and W are components of VT and P, Q and R are the components

of @ , then

a = U+ QW - RV a = V+RU - PW
X y

a = W+ PV - QU (6)

In a similar manner, the change in the amount of momentum can be

written :
dh, /dt = dh/dt+uwxh
where
i 3 k
wxh = P Q R
h h h

17



18

Thus,
dhx dhX
— = —=——+hQ-hR
dt abs dt z y
dh dh
-7 = —Z4+hR-hP
dt dt X z

abs .

dhz dhz
= = —=+4+hP-hy (7)
dt abs dt y X

Assumption IV  The xz plane is assumed to be a plane of symmetry.
Using Assumption IV and the orientation convention of Figure 1, the

equations of motion can be written :

IF, = m(0 + QW - RV)
IF = m(V + RU - RW)
y

IF, = n(W + PV - QU)
IL = PI_-RI__+OR(I_ -1 ) - pPQl

XX Xz 2z vy Xz

. 2 2

IM = QI +PR(I_ -1 ) -RT +pP°1

vy XX = zz X2z Xz
IN = RI__-PI_ + PQI - L) + QR (8)

Eulerian angles are those angles through which one axis system
must be rotated to superimpose it upon another having an initial angular
displacement from the first. Because the angles are not orthogonal,
the order of rotation is important, if the indicated operatjons are

to yield correct results. The sequence of these angular changes are



19

yaw, pitch, and roll. To carry out this superposition, one first yaws

through a positive angle y in accordance with a right-hand system so

that
il = X cos y + Y sin 1]
Yl = Y cos V- X sin V]
Z; =2 (9

yZ.2,

Figure 3. Yaw through a positive angle § in accordance with

a right-hand system.

The next rotation (Figure 4) is a positive pitch through the
angle 6, which gives

kz = Xl cos B - Zl sin 6
T, = 9
Z. = Z. cos 6 + X. sin 6 (10)

2 1 1



20

SN “in
* \\‘; e mXy LGS 0 PRI A
. ) \\‘\ - j\\ /:ui ) ey
I)_“‘“‘*‘-\ \T_\~ ’/7

Figure 4. Positive pitch through the angle 0,

The final rotation (Figure 5) is through the roll angle ¢, which gives :

X3 = X2
Y3 = Y2 cos ¢ + 22 sin ¢
43 = 22 cos ¢ - Y2 sin ¢ (11)

7o
S
1 o P
- A ’ .
a RN Y-
- ¢ PR v- A3
<. )
v H ot -~
\- J oo v 9
| s P \ -
Y. cong N

¥
14

[
|
|
i% « 3 14%
1y St == /‘ I i Loy Mo ‘\_’_.7;
' \
X p 4

Figure 5. Rotation through the roll angle ¢.
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Substituting Equations (9) and (10) into Equations (11) yield the trans-
formation needed to convert the initial axis system to the final system :

X3 = X cos 6 cos p + Y cos @ sin - Z sin 6
§3 = X(cos ¥ sin 6 sin ¢ - sin VU cos ¢)

+ Y(cos ¥ cos ¢ + sin ¢y sin 6 sin $)

+ Z(cos 6 sin ¢)
23 = X(cos ¥ sin 6 cos ¢ + sin ¥ sin ¢)

+ Y(sin ¥ sin 8 cos ¢ - cos ¥ sin $)
+ Z(cos 6 cos ¢) (12)

The analysis of flight motions is concerned primarily with the
vehicle's behavior in response to disturbances from initial conditionms.
It is convenient, therefore, to chose as the initial conditions flight
behavior for which the velocities and accelerations are well known and
in which the aircraft spends most of its flight time. Equilibrium
(unaccelerated) flight is flight along a straight path during which

the linear velocity vector measured relative to a fixed space is
invarient, and the angular velocity is zero. '"Steady flight" is flight
during which the linear and angular velocities in the Eulerian reference
frame remain constant. Hence, equilibrium flight and flight with con-
stant angular velocity are both forms of steady flight.

Always acting on the aircraft even during periods of steady flight
is gravity. Since it is unidirectional, it provides an orientation to
the motion. The components of gravity acting along the steady flight

aircraft axes relative to inertial space can be determined from Figure 6
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by direct resolution of the gravity force along the Xo» Yoo and z
o

(steady flight) axes.

o boesmlulc an Ases (SN
i S
i PP &Q
Y = ! N
' VA" \ Yo
, \
W cos 6o cosdy Wsinoo
W cos v g siné 1 (Vertical)

Figure 6. Gravity acting on an aircraft in steady flight with

initial angles 60 and ¢0 with respect to the gravity

vector.
Thus,
X = - W sin ©
] (6]
Y = Wecos 8 sin ¢
o o o)

z = W cos 60 cos ¢o (13)
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The components of gravity, acting along the disturbed Eulerian
axes, are then :

X

3 (-W sin eo) cos 6 cos y + (W cos 6, sin ¢o) cos 6 sin y

-~ (W cos &€ cos ¢ ) sin 6
o o}

o
]

3 (-W sin 60)(cos Y sin 6 sin ¢ - sin ¢ cos ¢)
+ (W cos 60 sin ¢o)(cos Y cos ¢ + sin ¢ sin 8 sin ¢)
+ (W cos 60 cos ¢0)(cos 6 sin ¢)

Zy = (-W sin eo)(cos y sin 6 cos ¢ + sin ¢ sin ¢)

+ (W cos 6, sin ¢0)(sin y sin 6 cos ¢ - cos ¢ sin ¢)

+ (W cos 90 cos ¢o)(cos 8 cos ¢) k14)

The right-hand sides of Equations (8) express the aircraft
acceleration in terms of the linear and angular velocities. The left-
hand sides of Equations (8) represent the unbalanced forces (thrust
forces, aerodynamic forces, and gravity forces) which produce the
aircraft motion. The gravity forces have already been expanded
and transformed to the Eulerian axes (13); ideally, the same procedure
could be applied to the thrust and aerodynamic forces. Because of the
difficulty in expressing the aerodynamic and thrust forces explicitly
in terms of the linear and angular velocities, it is customary to
represent these forces by Taylor series expansions, taking a suffi-
cient number of terms to insure adequate accuracy for the maneuver

being considered.



24

Lecause of this special requirement, it is helpful to separate the

aerodynamic and thrust forces from the gravity forces, thus

IF = $F" + X
X X 3
IF = TIF° + Y
y y 3
ZFZ = ZFZ + 23 (15)

Where the primed quantities are the summations of the aerodynamic
and thrust forces, and X3, Y3, and 23 are the gravity components
drived in Equations (14). It should be noted that, if the instant
under consideration occurs during the steady flight condition, then
8 = ¢ =y =0, and the components X3, Y3, and Z3 reduce to Equations
(13). The force relations from Equations (8), with the gravity terms

transposed to the right side, are re-written as

IFL o= om0+ QW - RV) - X,
Ey = m(V £ RU - BW) - Y,
IF, = n(W + PV - QU) - Z, (16)

By substituting Equations (l4) in Equations (16), Equations (8)

may be written as
IE” = n(U + QW - RV) + (W sin 8_) cos 6 cos y

- (W cos 60 sin ¢O) cos 8 sin ¢y + (W cos eo cos ¢o) sin 6,



IFS < m(V + RU - PW) + (W sin 8_) (cos y sin @

~ (W cos 6, sin ¢o)(cos P cos ¢ + sin y

- (W cos eo cos ¢O)(cos e sin ¢),

ZF; = m(W + PV - QU) + (W sin eo)(cos Y sin @

- (W cos eo sin ¢O)(sin Y sin 6 cos ¢ -

- (W cos 60 cos ¢O)(cos 8 cos ¢),

S =PI - RI
XX XZ

M

N =RI - PI
YAVA Xz

These equations are then complete,

(1

zz Iyy) - PQIXZ’

2 2

QL+ PR (r, -1I1)-RTI_+pI ,

z XZ Xz

+ PQ (Iyy - Ixx) + QRIXZ,

sin

sin

cos

COs
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¢ - sin  cos ¢)

8 sin ¢)

¢ + sin ¢ sin ¢)

Y sin ¢)

except for the external forces

(17)

and moments on the left side, which include aerodynamic and thrust

forces as well as moments resulting from control surface deflections.

Definitions of the Eulerian axis system and the Eulerian angles,

as discussed above, show that the rates of change of the Fulerian

angles {, 6, and ¢ are not orthogonal.

cities when written in

angles become

The fixed axis angular velo-

terms of the rates of change of the Eulerian

é - @ sin ©
0 cos ¢ + ¢ sin ¢ cos ©

¥ cos ¢ cos 6 - & sin ¢

(18)
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1

Equatio&s (17) match the aerodynamic and thrust forces acting on
an aircraft to the gravity and resulting inertia forces. These equa-
tions are non-linear, since (1) they can contain products of the
dependent variables and (2) the dependent variables appear as trans-
cendental fuctions.

The airframe motion can always be considered the result of distur-
bances to the airframe from some steady flight condition. Accordingly,
each of the total instantaneous velocity components of the airframe can
be written as the sum of a velocity component during the steady flight

condition and a change in velocity caused by‘the disturbance

U = U +u
o)
V = V +v
o)
W = W 4+ w
(o]
. +
B PO p
Q = Q +aq
R = RO +r (19)

It should be noted that the zero subscripts of Equations (19) indicate
the steady flight velocities, and the lower case letters represent the
disturbance velocities. By substituting Equations (19) into Equations
(17) and noting that derivatives with respect to time of the steady

state conditions are zero, Equations (17) become



rF”
X

LF~
y

LF”
z

ZL

M

m]_u+Qow0 +Woq + QW + wg
-RV -Rv-Vr-yvr

oo o o
+ (g sin 80) cos 8 cos §y - (g cos eo sin ¢O) cos 6 sin y
+ (g cos 6, cos ¢0) sin e]
mv+UR +Ur+Ru+ru-PW -Pw-~-Wp

oo 0 o 0o o o

- wp + (g sin eo)(cos Y sin 6 sin ¢ - sin ¢ cos ¢)
- (g cos 60 sin ¢0)(cos Y cos ¢ + sin ¢ sin 6 sin ¢)
- (g cos 60 cos ¢O)(cos 8 sin ¢)]
m[w+Povo+Pov+vop+pv-QoU0—Qou-qu— qu
+ (g sin 60)(cos Yy sin © cos ¢ + sin ¢ sin ¢)
- (g cos 60 sin ¢o)(sin Y sin 6 cos ¢ - cos Y sin ¢)
~ g (cos 60 cos ¢o)(cos 8 cos ¢)]
pIxx - rIxz + (QORo + Qor + Roq + qr)(IZZ - Iyy)
- (PoQo *Pat Qop + pa) Ixz

quy + (PORo + Por + Rop + pr)(IXx - Izz)

2 2 2 2
_(Ro+2Ror+r)Ixz+(Po+2P0p+p)Ixz

27
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- Lo o 4 + _
N rIZZ pIXZ (POQO Poq + Qop + pq)(Iyy Ixx)

+ (QoRo + Qor + Roq + qr) Ixz (20)

Assumption V The disturbances from the steady flight condition
are assumed to be small enough so that the products
and squares of the changes in velocities are negli-
gible in comparison to the changes themselves.

Also, the disturbance angles are assumed to be small
enough so that the sines of these angles may be set
equal to the angles and the cosines set equal to

one. Products of these angles are also approximately
zero and can be neglected. Since the disturbances
are small, the change in air density encountered

by the aircraft during any disturbance can be con-

cidered zero.

By applying Assumption V to equations (20), we get

IF; = m[u + Qglig +Hoa+Qw - RV ~Rv-Vr

+ g ein 60 - (g cos 60 sin ¢o) v + (g cos eo cos ¢0)6]
LF. = m[v + URy +Ur + Ru=-P W ~Pw-Wp

- (g sin 60) Y - o cos 60 sin ¢0 - (g cos 60 cos ¢0)¢]
IF; = m[w + PV, P vV p - QU -Qu-~-Uqg

+ (g sin eo) 8 + (g cos 60 sin ¢0) ¢ - (g cos 60 cos ¢0)]
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IL = p -rI__+ (QR + R -
<L pIxx t XZ (‘o o) * Qor oq)(Izz Iyy)

0 +P g+ 0 i
(lO(o K \Op) IXZ

= q "R+ + -
Moo= ql 4 (PR Pr 4 RPII T )

2 , 2
(ho + 2Ror) lxz + (1o + ZPOp) IXZ

o i . ] )
N rIZZ pIXZ + (PO fO POq + k}Op)(lyy IXX)

+ (G R+ Qr + Ra) I (21)

Equations (21) limit the applicability of the analysis to so-called
small perturbations. In the strictly mathematical sense, Equations
(21) are applicable only to infinitesimal disturbances. liowever,
experience has shown that quite accurate results can be obtained by
applying these equations to disturbances of finite, non-zero magnitude.

An additional application of Agsumption V is the reduction of Equations

{13) to
P o= ¢ - o
o= 0+ g
R o= 4 - 6¢ (22)

If the products of perturbations are neglected, the above equa-

tions are reduced to

Ro= g (23)
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Equations (23) shown that, within the limits of small perturbation
thecryw, the instantaneous angular velocities, P, @, and R may be set
equal to the rates of change of the Fulerian angles
Assumption VI During the steady flight condition,
the aircraft is assumed to be flying
with wings level and with all components
of velocity zero except UO and WO.

Thus, VO = PO = Qo = ko = 60 = wo = 0.

Assumption VI reduces the equations of motion to

. _ L. : + J ) 6
LFX n[u + boq g sin F + g0 cos o]
LF. = v+ Ur - Wp ~ in 6 - 8
LFy m[v of hop gy sin o g% cos o]
YF. = m|& Uq+gb sin b - )
Fz me Loq gl sin ° g cos 0]
oL = pIXX F rIxz
M = «al
yy
IN = rl - pI (24)
zz %z

The aerodynamic forces and moments are then expressed 1n coefficient

form as
Legla .
L = CprV S = Lift
H 2(‘ =
D = CDng 5 Drag
X = CX5DV28 = Aerodynamic Torce /long x-Axis
2 .
¥y = C 1pV'S = Aerodynamic Torce Along y-Axis
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)
Z = Cz%pV_S = -Aerodynamic Force Along z-Axis
1 2 :
L. = ClQpV Sb = Rolling Moment
1yl . i
M = Cmqu S5c = Pitching Moment
- Loy .
N = CnépV Sb = Yawing Moment (25)
where
S = Wing Area
¢ = Mean Aerodynamic Chord = The wing chord which has the

average characteristics of all chords in the wing.
b = Wing span
The lift and drag are the forces acting normal and parallel respectively
to the flight path.
As noted previously, each of the forces and moments can be expressed
as a function of the variables by expanding the forces and moments in a

Taylor series. The series has the form :

F=F_ + (aF/aa)oa + (aF/as)oB + (aF/aé)oa + ... (26)

where o, B, and § are variables, and the subscript zero indicates that
the quantities are evaluated at the steady flight condition. In Equation
(26), terms of the order (BZF/Baz)(az/Z!) and all higher order terms are
omitted in accordance with Assumption V. Before expanding each of the
forces and moments in the above form, a simplification can be made.
Because the xz plane is a plane of symmetry, the rate of change of the X
and Z forces and the moment M, with respect to the disturbance veloci-
ties p, r, and v, is zero. Thus, the forces and moments acting on a

disturbed aircraft can be expressed
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+——u+%§'+—%q+g)f'+—g%w+—g—é'+ —g)é—EdE
E+g}£E8E %F‘SFJrgi&FSF
%a+%q+%q+g—sw+g—éw+%%
+%§ESE+%6F+%§;GF
%éi %Ev+%-t—{/+g—:;—p+'gjip+'g%;%
+%]§_5A+gl<§ St o5F 6R+§§ Sr

R R R

%ﬁ+%q+%zl+§%w+g—gw+%du
"+%%8.E+—g—b§¥dl" -3—%1;61,
%b+%r+%i’+%§p+%§'+%ﬁl{
+%3R+%5A+%3A+§§13A (27)
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i« J/ K2
where ’ -‘};ijzﬂl;;/
GE = Angle of deflection of elevator
6F = Angle of deflection of flaps
éA = Angle of deflection of ailerons
GR = Angle of deflection of rudder

The thrust force previously mentioned in Equations (15) can be
introduced into the equations of motion in such the same way as the
gravity force was introduced. The thrust is considered to be a func-
tion of the power plant revolutions per minute and the forward speed
of the aircraft. With the power plant located in the plane of symmetry,
the thrust contributes to the X and Z forces and to the moment M. With
the aid of Figure 7, it is evident that, by setting the steady flight

thrust equal to T0 the equations for the steady flight condition become

X = T cos ¢
0 o

Z = - T sin £
0

Moo= T 2, (28)
0 o j

' 509357

Figure 7 Thrust force relationship to X and Z forces and moment M.
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where

l'as
I

angle between x-axis and thrust line

zj perpendicular distance from c.g. to thrust line
Since the Eulerian axes remain fixed with reference to the aircraft

during a disturbance, the thrust components relative to the disturbed

axes become

X = '1‘l cos ¢
Z = - T1 sin £
M = Tl zj (29)
where
T, (the thrust during the disturbance) = TO + AT

If a Taylor series expansion is assumed, then

oT oT
AT = —u + I
Ju BGRPM RPM
Thus,
- ot 3y
X = To cos £ + (cos £) o5 U + (cos &) Y; GRPM
RPM
dT oT
Z = - T sin £ - (sin §) — u - (sin ) 8
(o} Ju aﬁRPM RPM
M = T z. + z, %l-u + z. BET SPPM (30)
O ] ] u ] RPM N

The individual contributions to the equations of motion have now
+ been examined in some detail, giving perhaps some insight into the

basis of the complete equations of motion of the airframe. Before



continuing, however, it should be noted that the equations f
flight can be found by substituting the steady flight values
aerodynamic, weight and thrust forces and moments into Equat

and setting the disturbance terms equal to zero
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or steady
of the

ions (24)

X =Wsin 8 + T cos § =0
o o o
Y +0+4+0=0
o
Z +Wcos & - T sin £€ =0
) 0 )
L +0+0=0
o
M +0+T z, =0
o of- Y
N +0+0=0 (31)
The equations of motion for the disturbed aircraft are then found by
substituting the disturbed values of the forces and moments into
Equations (24)
= : . X oX .
mlu + Woq + & sin ?9' + g6 cos eo] = X tgoud FRall
0X oX . X X . oX oX . oX . 9X
+—q + == —_— +—TW+_‘6‘ 5 6.+ —~ § —— 6
3q 3q W ow 38, E BSE E 3 E 38y, F
{ 1 ol T
+ %%—-SF + ﬁo cos & + (cos &) %—-u + (cos ¢) d 6RPM
F S ou RPM
. . ’ 3Y aY
- - - § = +—7r + 5t
n[v + Uyr - W p - gy sin 0, (g cos eo)¢] LYQJ e Lo
oY Y . 3Y 3Y . oY Y - ay .-
o S gL o KR o —_
M S v SIBP+36A6A+86A6A+BSA A
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Y Y . ay .
t o6t b+ 2
86R R 86R R BSR R
s . ! 3z YA pYA 9Z .
+ - I = ‘ <=
m[w U g+ gb sin 6, g cos 601] Z| +5-u+t WU tTH, et i
97 9z aZ 9Z 9Z o 9Z 9Z -
Tt Wt Wt —— .+ S + O, + —— 6_ + $
a ad aé E S 8 S
W W E a B E BGE E 3 F F 9 F F
; R oT . oT
= [T  sin g -(sin g) == u - (sin &) 8
lo I Su 30,y RPM
. . oL, oL , aL oL . oL oL
I - = 1 = ] 25 2L 2L .
p XX rIXZ LO' + ar r + af’ r + av v + a‘:’ v + ap p + 315 p
9L, oL oL oL oL oL
+ 8§, +—-18 —— & + == —— 8+ == 38
36 ¢
A A a&A A 38, A 38y R 3dy R aSR R
. aM oM . oM oM . oM aM . oM M
I =M g + — + — + — — -
aly, L_Pl ju ' TR YT e It ittt 26 O + 28, Sy
9 .
+ 3%—- E + oM GF + éﬁ— GF +|T z.| + z,-g-2 u + z, agT GRPM
E 38y 36k °© 3 J du 3 “°rey
. . oN oN . aN oN , aN oN . aN
- = l + — v + == = ) bl = £
rIzz pIxz Nol v v 7 * ar r or - * ap P ap p+ BGR GR
1 S P L + A 5 AN g (23)

ag R a8p R 9sy A aE, A 55, A

The quantities in boxes disappear because of the steady flight conditions
of Equations (31). Dividing the force equations by the mass m and the
moment equations by the appropriate moments of inertia yields terms of

the form :
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1 X u and L aL r
m Ju I or
XX

Replacing (1/m) (3X/%u) by Xu and (1/IXX)(8L/8I) by Lr simplifies the

notation. These quantities are called either "dimensional stability
derivatives" or simply 'stability derviatives." By eliminating
those terms whose sum, in accordance with Equations (32), is zero
because of the steady flight conditions, and by using the previous

notation, Equations (32) are reduced to the form :

14+ % = Rt .4 + X W+ S+ Xz &
u + qu + gf cos 80 qu + qu + qu + qu + wa wa X6E E XGE E

+ X. 5‘ + X, 6, + X §. + cos ETu+cos ¢T 8
E E 6F F GF F u GRPM RPM

; - - i . = T + +Y.v+Yp+ Y.p
v + Uor wop gy sin 60 g¢ cos 60 Yrr + Yrr va oV pp pp

+Y 8, +Y: 8, +Y: 8, +Y. 6 + Y. +Yed
S5 A S, SH% R R R

v - U i = W+ Zq+ Z.q+ +Z.ow+ Z + Z:
w Loq + g6 sin 60 Zuu + Zuu + Aqq qq wa oV 6E6E 6E6E
+ Ze 8+ Z, 8L+ 21 6 - (sin £) Tu - (sin £) T. &
8 E 8, F e u Ry KPM
Ixz . .
p - T —— = ¥ Y + L,p + L + L + Lo
P rT er + er + va + va + Lpp pr I6 6A 5 GA 3 6A
XX A A A

+ L. 8, + L& + L. é
6R R GR R GR R
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| = + MU+ Mq+ Mg+ + MW+ + M - 8
q Muu Mdu qq qq Mww Mww MG GE M: 6, + M &

E 6p B 6 E
z‘m ‘ z'm
+ M(S 6p + Mé 8F + El—-Tuu FRENLL T(S Sapi
r F vy yy RPM
IXZ .
_ = L] ‘, . H . » .

t-p T N v + Nﬁv + Nrr + hfr + Npp + N.p + N6 GR + NG Sp

zz R R

SN+ S +N. 6 +N. & +Nwg (33)
GR R 5A A GA A 8, A

Assumption VII The flow is assumed to be quasi-steady.

Because of Assumption VII, all derivatives with respect to the
rates of change of velocities are omitted, with the exception of those
involving w, which are retained to account for the effect on the
horizontal tail of the downwash from the wing. It should also be
pointed out that the change in angle of attack can be approximatéd

by Aa = w/U.

The only restrictions thus far imposed on the orientation of the
Fulerian axes with respect to the aircraft that the y axis be a principal
axis and that the origin be located at the center of gravity of the
aircraft. When the x axis is oriented so that it is a principal axis,
the Eulerian axes are referred to as principal axes, but when the x

axis in the aircraft is parallel to the relative wind during steady

flight, the Eulerian axes are referred to as stability axes. When

the airframe is disturbed from the steady flight condition, the

Fulerian axes rotate with the airframe and do not change direction
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with respect to the aircraft. Consequently, the disturbed x axis may or
may not be parallel to the relative wind while the aircraft is in the
disturbed flight condition. It should be noted that for small angles of
attack the moments of inertia about the stability axes are approximately
equal to those about the body axes; however, at low speeds (high angles
of attack) the moments of inertia about the stability axes can differ
significantly from those about the body axes. The use of the stability
axes eliminates the terms containing WO from Equations (33) by elimina-
ting the following quantities : (1) all terms containing WO, which
disappears because of the direction of the stability axes; (2) all
aerodynamic partial derivatives with respect to rates of change of
velocities, except those with respect to W; and (3) all aerodynamic
partial derivatives with respect to rates of change of control surface
deflections. Equations (33) then reduce to Equations (34) and (35).

To avoid confusion with body axis coordinate systems, where 60 is ;he
inclination of the x axis with respect to the horizon, the angles
between the horizontal and the x stability axis is called Yo It will
be recognized that because of the way the stability axis system is
defined, Y, is indeed the angle of the flight path with respect to

the earth.

¢ RPM

. _ . +x
u + gb cos Y, Tu (cos £) u+ T PPMG cos £ + qu + qu hww
.
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!

: ] + g0 si = - i - :
W Loq g% sin y Tu (sin &) u TGRPMGRPM sin £ + Zuu

+ oW
+ qu wa + wa + Z GE + ZG GF

GE F

VAR Z,
© _ _Jjm jm 8 o
Q=7 Tuu + T TG RPM + Muu + qu + Mww + Mww + MG GE + MG 8 (34)

yy yy RPM E Pl

j r - i - = § + 8
v+ Ur gy sin Yo g¢ cos Yo Yrr + YVV + Ypp + YG YG

0 A A R R
p —-355 r=Lr+Lv+Lp+L.6 +L.3§
I T v pP S, A TSR
IXZ .
r -7 P = Nrr + va + Npp + NG GA + NG 6R (35)
2z A R

An examination of these equations shows that Equations (34) are
functions of the variables u, 6, and w; whereas, Equations (35) are
functions of the variables v, r, and p. As a result of the assumptions
made in this analysis, the equations of motion can be treated as two
independent sets of three equations with Equations (34) describing
the lingitudinal or x-z plane motions and Equations (35) the lateral

motions.
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Chapter 3

Longitudinal dynamic Stability

Normally, an aircraft exhibits five characteristic dynamic modes
of motion. These are two longitudinal and three lareral-directional
modes. The two longitudinal modes are the short period and the phugoid;
the three lateral-directional modes are the Dutch roll, the spiral, and
the roll mode. \

Since this study is confined to the analysis of longitudinal stabi-
lity, only the motion modes concerning with this analysis, such as the
short period and the phugoid modes, will be considered. The short period
mode is normally defined as one of short period with relatively heavy damp-
ing and is characterized primarily by variations in angle of attack and
pitch angle with very little change in forward speed. The phugoid-mode
is defined as another of long period with very light damping and is
characterized mainly by variations in speed and pitch angle with angle
of attack nearly constant.

In specifying the mode of motion, it is necessary to know the
associated parameters, such as the period and damping. Since these
parameters cannot be obtained directly from the linearized equations
of motion; i.e. equations (34) and (35), the further development is
needed. In this chapter, the solution required for solving the parameters
of longitudinal motion is derived by transforming the linearized equations
of motion into the transfer functions and by rearranging these functions

into quadratic forms respectively.
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Derivation of the transfer functions.

As previously mentioned in chapter 2 that equations (34) describe
the longitudinal or x - z plane motions and equations (35) concern the
lateral motions. 1In this study, only the equations (34) will therefore
be used and its conversion into the transfer functions can be obtained
as follows.

The angle of attack and the angle of sideslip are first written in

the approximate form as

W v
Ao = U and B = T

(o} (o}

The angle between the equilibrium flight path and the disturbed
flight path is defined as Z. It should be pointed out that only when
£ equals zero is the sideslip angle B8 equal to the negative of the
yaw angle. ;

The longitudinal equations can be written by generally rearranging

Equations (34), as shown below :

u - qu - (Tu cos E)u - qu + g6 cos Yo ~ X&w - wa

X GE + T 8 + X 6 Zuu + (Tu sin £) u - qu - qu

GE GRPM RPM GF F
+gobsiny +w-~-Zw-2w=2 8. - (T sin £)6 +Z 6
o W w GEE (SRPM RPM GFF
z.m z.m
- Muu - EJ—-Tuu +q - qu - M&w - Mww = M(5 GE + El—-Té GRPM (36)
yy E yy RPM

The right sides of above equations are the control forces and

represent the means by which either the human pilot or an autopilot
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can control the motion of the airframe. The thrust and the control
surface inputs are the forcing functions which determine the resultant
motion of the airframe. Since the airframe equations of motion are
linear equations, the principle of superposition may be used to obtain
a solution. For instance, the response to simultaneous application
of elevator and rudder deflections can be determined by calculating
the response to each of these deflections seperately and then adding
the results to complete the solution.

The transfer functions are obtained by applying the method of laplace
transforms. If equations (36) are transformed into the laplacian domain,

they become :

[s = G, +49] u(s) = (sX. + X ) w(s) - (sX_ - g cos v,)e(s)

= XGEGE(S) + B GRPM(S) + XGFGF(S)

- (2, - Culs) + [sd - z,) - z.| wis) - [s(Uo +2)

- g sin y | 6(s) = ZSFGE(S) = D78y (8) + ZGFSF(S)

- Q1+ EDu(s) - (sMe + M Ju(s) +(s2 - M $)0(5)

- » S 37
MGEGE(S) + I GRPM(S) + MGFGF(b) (37)
where
A = 1u cos §
B® = Té cos &
RPM

@]
\
It

Tu sin £
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Z.m
F© = =l

Iyy GRPM

It should be noted that p, q, and r were replaced by $, 8, and i
respectively. This is permitted because of the small perturbation
approximation. Using Equations (37) and Cramer's rule for solving
equations by determinants, the longitudinal transfer function for

U(s)/GE(s) with GF = 0 and GRPM = 0 can be written as

XGE -(sXﬁ + Xw) —(sXq - g cos yo)
ZGE [s@ -2z - 2] = [s(u + ) - g sin y]
M (sM. + M ) (s - M s)
6E =S V.J W S qS»
u(s) _
GE(S)
s - (X +a"] ~(sX. + X ) —(sXq - g cos y )
_(zu - C”) [s(l - Z&) - Zw] - [s(U0 + Zq) - g sin Yo]
- ~(sM M) (52 - M s)
—(Mu + E7) S w:q + - q
_ _Numerator (38)

Denominator




45

The denominator determinant is the system characteristic equation

denoted by Dl' The expansion of Dl gives :

Dl = As4 + Bs3 + Cs2 + Ds + E (39)
where

A=1-2z

B=-(1-2.) [(Xu+A’) +Mq] -z, - M. (Uo+Zq) —x;.] (z, - ¢

C= (X +A7 [Mq(l Sz HZ M. (U + zq)] - (M, +E) [X‘;’(Uo +2)

X Q- z)] + MZ, (2, - €O [qu‘.v - X)) - qu‘;]]
+ M& g sin ™ % Mw (UO + Zq)

D =g siny [(M +E)X. +M - M. (X +AT)] + g cos yo[(zu - ¢,
+ 0+ EDN( - 2] + o1 +E) [- XUy +2) + waq]
+(z_ -c¢?) [waq - quw] + (X, A Mo+ z) - quw]

E = g cos Y, [Mw (Zu -C7) - Zw(Mu + E7)]

i ) g - (X +A)M
+ g sin vy L(Mu + E%) X, ( u ) w]
The numerator determinant is alsoc expanded as

3 2
= + +D (40)
Nu/cSE AT +Bs Cus "
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B, = - XGE [a -z, My + 2y * M (U + zq)]
+2, [XM. - XM o+ X ]
6E qw W q w

+ MéE [x& (U, + zq) + (1 - 2.) xq]

Cu = XGE [Mqu + Mﬁ g sin Yo ~ Mw (UO + Zq)]

+ 7 - M. -
g [quw M. g cos y_ XwMal

E
+ M, [-X. i - 2 ) - - Z. -
GE [ o 8 siny Xw(Uo + 7q) (1 Zw) gcos y_ waq]
Du = XGE (Mw gsin YO) - Z(SE (Mw gcos yo)

+ MGE (Zw gcos Y - Xw gsin YO) J

By factoring higher order equation (39) using Lin's method, the

two quadratics can be obtained as

2 2., 2 2 |
Dl = (8" + ngwnps + wnp)(s + ngpwnsps + mnsp) = 0 (41)

where

EP and Esp damping ratios of phugoid and short period

respectively,

w D and w natural frequencies of phugoid and short period

respectively.

The corresponding roots of equation (39) can be determined by
using the quadratic formula. The type of dynamic response can be

indicated by these roots as



where

1,2

3,4

Re

Re

Im

Phugoid Roots

Short period Roots
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(42)
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Chapter 4

Results and discussion

In this chapter, the response of longitudinal motion of the RTAF-5
is investigated. The investigation is emphasized on an effect of
changing the value of Iyy since it is one of the most important
parameters which affect significantly the longitudinal motion. In
calculating all the parameters associated to the motion, a computer
program, based upon the expressions obtained in previous chapters and
upon typically aerodynamic data in references, is developed. This
program is written in basic language and is provided data files for
storing input data in order that some of which can be conveniently
varied (Appendix A). The results of the investigation are presented
in graphical forms and are analysed by comparing with the handling

qualities requirements of MIL-F-8785B(10).

4.1 Results
Fundamentally, the change in flight conditions and aircraft
configurations will affect significantly and slightly the associated
parameters of short period and of phugoid respectively. This trend
can be shown apparently by the following expressions of short period
and phugoid approximations, of which the derivations are presented
in Ref. (11),

(a) short period approximation,

-C

e = Oy (=2,
vy Ma
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w = £ [0 M’I‘)Ty)(m)]’

(b) phugoid approximation,

e = () (&) , and
L
w o= 45.5 / v,

It is seen from the above expressions that only the short period
damping ratio and natural frequency are inversely proportional to Iyy'
This means that these short period associated parameters may be
directly affected if the Iyy is varied when other parameters are
assumed to be constant. For the phugoid mode, its damping ratio and
natural frequency are not a function of Iyy’ thus any effect of I
may not occur. To investigate the effect of changing the value of
I , let us consider the response of longitudinal motion of the
RTAF-5 at various values of Iyy ranging from 1000 to 6000 slug—ft2
during cruise. It should be noted that the selected range is feasible

possibility of variation in Iyy for this aircraft.
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Figure 8 Short period and pﬁugoid damping ratios for Iyy

variation.
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Table 2 comparison between calculated and required damping ratios of

short period mode-category B Flight Phases.

Yy o, Ecal. greq. (10)
(slug-ft™)
1000 0.853612
2000 0.707077
3000 0.661869 0.3 - 2,00
4000 0.646445
5000 0.643733
6000 0.647478

Table 3 comparison between calculated and required damping ratios of

phugoid-flying qualities level 1.

Iyy ) Ecal. greq. (10)
(Slug - ft")
1000 0.0972027
2000 0.0935936
3000 0.0899827 at least 0.04
4000 0.0863687
5000 0.0827562
6000 0.0791423
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4.2 Discussion.

It is apparent from fig 8 and 9 that the damping ratios and
natural frequencies of each mode of motion, especially short period,
decrease as Iyy value increases. The decrease of these associated
parameters will result more stable to the response of longitudinal
motion of the RTAF-5 during its criuse condition. However, because
the investigation of this response is conducted at the given range
of Iyy values, it is therefore necessary to make further determination
to check whether the response tentatively meets the handling qualities
requirements of MIL-F-8785 B or not. It may be noted that these
requirements are established in the military specification flying
qualities of pilot airplane, which forms one of the bases for the
determination by the procuring activity of airplane acceptability and
serves as design requirements and as criteria for use in stability
and control calculations, analysis of wind-tunnel test results, flying
qualities simulation test, and flight testing and evaluation.

According to some excepts of MIL-F-8785 B presented in
Appendix D, the classification of the RTAF-5 and its flight condition
can be grouped into class I primary trainer and category B flight
phase. In addition to the classification, the level of flying qualities
desired in this investigation is level 1 which is defined as flying
qualities clearly adequate for the mission flight phase.

From tables 2 and 3 , it is seen that all the calculated
damping ratios of each mode are within the limits of damping ratios

established in MIL-F-8785 B. It is also evident from fig. 10 that the



short period natural frequency at any Iyy value locates inside the
limits of requirement. Hence, the response of longitudinal motion of
the RTAF-5 at the possibly selected range of Iyy values satisfies all

the requirements of MIL-F-8785 B.
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Chapter 5

Conclusions and Recommendations

In this study the equations of longitudinal symmetric motion were
derived and the equations could be reduced to a set of linear differential
equations with constant coefficients, provided that the disturbances were
small. There are two main uses of these equations

(i) to determine whether the aircraft is stable for small distur-
bances, and

(ii) to determine the motion (or response) of the aircraft following
some small disturbances.

The computer program named 'LOPROG'" which was written in BASIC
language had been used to investigated the stability, damping and fre-~
quency of the various modes of RTAF-5 aircraft's motion. The RTAF-5
aircraft configuration and flight condition datas were input to the
program and the output were compared with the MIL-F-8785 B. Owing to
insufficient of technical data available from the manufacturer such as
wind tunnel data, weight and inertia, etc.; so the estinated data were
used in this study. It has been shown that for the possible range of
the pitch inertia, Iyy’ the RTAF-5 during cruise condition is longitu-
dinally stable. The natural {requency and damping ratio of the short
period and phugoid modes were adequate and quite satisfactory for the

flying qualities level I requirement.
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It is recommended that the dynamic motion of thr RTAF-5 should be
investigated again with the more accurate input data for the computer
program. For those who will use the LOPROG program to investigate
the longitudinal dynamic stability of the aircraft, care should be
taken for the input data and for more accurate results the stability
derivatives which are collected from wind tunnel testing should be used
instead of those computed from the program itself. Finally, it is
hopefully that this study would be useful enough for the aeronautical
engineers to investigate the aircraft longitudinal stability during the

design phase.
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Appendix A

LOPROG computer program

LOPROG is a mechanization of the methods for computing longitudinal
stability derivatives and for substituting these values into longitudinal
transfer functions, finding the roots of the characteristic equation, and
solving for the associated parameters of short period and phugoid modes.
LOPROG provides data files for storing input data which are entered from
computer keyboard. If the data file has been already existed, the input
data in this file could be called into the Program or they could be
changed their values by using the associated program named CORFIL
(Appendix B). The variables used in LOPROGC as well as in CORFIL are
defined in the following sectién.

The output produced by LOPROG for the RTAF-5 at some sample value
of Iyy is shown in Appendix C. Listed first are the pertinent aircraft
characteristics, most of which are entered in. This should be consulted
to check that the desired input data actually entered the program.

Next are the calculated dimensionless stability derivative values and
the dimensional stability derivative values. Then the coeflicients of
the denominator polynomial of the transfer functions are displayed.
Finally, the roots of the denominator polynomial and the associated

parameters of short period and phugoid modes are written.
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LIST

10 REH PROGRAMW LOFPROG

20 DIH NUS(S).NHS(S),NTHS(S),08(6),RUUTR(IO),RO0T1(10),C(S),KC(A),UUF1(3)
30 DI 0UF2(3),RR1(2).RR?(?),Rll(?),Rl?(?),CC(4),RR(3).CUEFI(G),RI(S),T2(5)
40 DIH XI(S),CDF(3),RE(2),RIN(2),ROOT(1),CUEF(Z),KKK(?I),NNS(5),TI(14)

S0 PRINT '»«m»*)««**mnmn***m;n*mmammu»#4&(4**)«444:«*«414*-«nt»*»m*m*m****x*tv*-"
80 PRINT "« .
70 PRINT "=~ ATRPLANE LONGITUDINAL STABILITY L
§0 PRINT " .
90 PRINT "4 L
100 PRINI "’ra\mnm%@m*mmmm*mm%*mo4~4«m4~+4(¢444\*****4&*‘***4**‘!****!*4*****‘i*ll**"
110 PRINT

120 PRINT : PRINT “"ENTER NAHE OF A/C HMODEL
150 A$=]HKEYS

140 INPUT A%

150 ($=1NKEYS

Tev ($=A%+"  LOP"

170 PRINT
T60 PRINT "1S THIS YOUK NEW MUDEL 7 (Y/N)" @ BY$=INKEY% : INPUT BS
190 1F B3 = "y~ THEN 240

200 OR EKROR GOTD 278690

210 OFEN C$ FOK INPUT AS d1 .

220 INPUT ul.RHU,U,nS,lYY,THRUST,ZJ,ECUSGH,GSINGM.CUSXZ,SIHXZ.S,ST,B,BT.EFF,CHE,
TR,TRT,CL:DH,lTnlL.CLH?DN.ELRQDT.CDPIE.CDA?DW,RLPHR,lHlNG.LT.LTI.XR,ZR,LB,HFUS,X
FUS,XCG,ZT,SELEV

230 GUOTO0 430

240 OPEN C% FOR OUTPUT AS #1

250 PRINT "NUTE :- SEE USER MANUAL FOR PEFINITION OF THE FOLLOWING VARIABLES"
260 PRINT : PRINT “RHO,U,HS, 1YY, THRUST,2J = "; : INPUT RHO,U,HS, 1YY, THRUST,Z2J
270 PEINT #1,RHO;U;HMS; TYY;THRUST;ZJ

280 PRINT : PRINT “GCDSGH,GSINGH,CDSXZ.SINXZ,S,ST = "y

290 INPUT GCOSGH,GSINGH,COSXZ,SINXZ,S,S

390 PRINT H1,GCO0SGMHM;GSINGH; CUSXZ;SINX2;S;ST

310 PRINT @ PRINT "B,BT,EFF,CHE, IR, TRT = "y 7 INPUT B,BIl,EIF,CHE,TR,TRT

320 PKINI R1,B,bl;EFF;CHE;TR; IR

oov PHRINT @ PRINI "LL;'DN,lIﬂlL.LLﬂ?DH.L’Ln_'UI.LDPI[.LDHZ!DH -

340 INPUT CL:DH.lTHlL,CLn;‘DH,CLHZDl,(Dl'lL,LDH’.’UH

390 PRINT B1,CL2DW  ITHIL,CLAZDW;LLAZDT;LbPILLLNDY

30 PRINT @ PKIKIT “WLPHA, IWING,LT,LI1,XA,2Z0 - "

379 INPUT ALPHA, THING, LT, LTI, XA,20

3v0 PRINT B1,ALPHA; IWING;LT;LTt;XNh;Zh

390 PRINT @ PRINT "LB,WFUS,XtUS,XClL,Z21,SCLEY - "

4¢0 INPUT LB,WFUS,XFUS,XCG,Z21,SELEYV

410 PRINT B1,LE WFUS;XFUS; XCG;ZT;SELEY

420 CLOSE #1

430 CLS

440 Ak RN s



460 CH=S/B
470 CHT=ST/BT

480 IF Tk > 0 OR TR < 1 THEN 500 59
490 PRINT" axsax TR = ";TK;" IS OUTSIDE DESIREAELE RANGE OF 0.0 T0 1.0 WHEN CALC
ULATING TAU OR DELTA samnn-

300 1F (AR < 3 AND TR = 1) OR (AR > 12 AND TR = 1) THEN PRINT * swwsn AR = ":AR;

IS UUTSIDE DESIRABLE RANGE OF 3.0 TO 12.0 FOR TR=1.0 WHEN CALCULATING TAUY 0Ok
DELTAT1 4xmmmar
910 IF TR=1 THEN 550
520 TﬂU=6526~TR"I3-33936.5*TR‘12*65703.3»TR"11—40275.9*TR‘10-55022.6*TR‘9¢I34075
!lTR“8-128452!~TR"7+71152.4*TR”6-24169.64TR“5+4910.63*TR“4-54I.IQ*TR*3+27.1986~T
R*2-1.31155+TR+.170212
S30 E1=1/(1+TAU)
540 GOTO 570
5hy FHUI=2.971ISE‘OS*RR‘4~b.11747E—04~RR“3+.007IY]7*Rk“2—2.98853E-03*HR+1.07739
S60 Et=1,TAU1
570 CLRH=(57.3»CLHEDH)/(IrCLﬁZDw~57.3/(3.1416*EI*RR))
S80 IF TRT > O OR TRT < 1 THERW 600
S90 PRINT" wawwm~ TRT = “STRT;" IS OUTSIDE DESIRABLE RANGE OF 0.0 TO 1.0 WHEN CAL
CULATING TAUT sramac
€00 IF (ART < 5 AND TRT = 1) OR (ART > 12 AND TRT = 1 ) THEN PRINT " wxxx»xx ART =
"JART; " 1S QUTSIDE DESIRABLE RANGE OF 3.0 TO 12.0 FOR TRT = 1.0 WHEN CALCULATIN
G TAUIT arxanar
610 TAUT=6526*TRT“13-33936.5*TRT‘12+65708.3*TRT”11-40275.9~TRT‘IO-55022.8*TRT‘9+
!34075!~TRT“8-128452!»TRT“7+71152.44TRT"6-24169.6*TRT‘5+4910.63*TRT‘4-541.19*TRT
“3*2?.1966»TRT‘2—I.311554TRT+.170212
620 E1T=1/(1+TAUT)
30 GOTO 860
640 TRU1T=2.97115E-05*RRT‘4-8.11747E-04~RRT“3+.0071717*RRT‘2-2.98853E—03*9RT+1.0
7739
650 E1T=1/TAUIT
8¢0 IF TR = 1 THEN 700
870 DELTQ=2.45637ATR‘6'9.29906»TR“¢+14.0692*TR‘4-11.1199*TR“3+5.01493*TR"2—1.242
E2«TR+.141122 .
€80 E=1/(1+DELTA)
690 GOTO 720
700 DELTR1=—1.43113E~05mHR“3fI.55924E-05*HR‘2+.0113969*9Rv.988861
710 E=1/DELTA1
720 CLW=CL2DW/(1+2/HR)
730 DH=20*CLN*(((I/TR)”.3)/(HR“.725))*(§4CH/LT1)“.25 -
740 ALPHAT=ALPHA-IWING+ITAIL-DW
750 SRATIO=SELEV/ST
700 IF SRATIO » 0 OK SKATIO < .7 THEN 780
770 PRINT" xaxax SRATIO = “SSRATIO;" IS QUTSIDE DESIRABLE RANGE OF 0.0 TO 0.7 WH
EN CALCULATING DADDE »axmx
780 DHDDE=21.7049*SRATID“5—46.47444SRHTID‘4*36.93471SRHT10“3-14.259*SRRT10“2+3.7
0S5 1»SRATIOD-5.7615E-05
736 IF SRATIO > .7 THEN DARDDE=SRATIO
500 CLRT=(57.3»CLREDT)/(1+CLH2UT+57.3/(3.1410*E1T*RRT))
8§10 CLT=CLWAXAXS/(LT~ST»EFF)
$20 ALPHARR=CLT/(CLAT/S57.%)
850 PALPHA=ALPHAR-ALPHAT
840 DELTAE=DALPHA/DADDE
250 CL=CLW+CLT=(ST/S)+EFF
§60 CO=COPIE+CL"2/(2.1416%E«AR)
R CH:(THRUST/(.5~RHU*U‘2~S))«(ZT/CH)
8§30 CT=THRUST/(.5+RHO=U"2%S)
8990 CLAH=(57.3-CLA2DH)/(1vCLQEDH*57.3/(3.1416*E1tﬁR)J
500 CLHT=(57.3*CLHZDT)/(1vCLﬁQDT*57.3/(3.1416*E1T*RRT))
910 DEDR=20'(CLHH/57.3)4(((1/TR)“.3)/RR".725)4(3*CH/LT1)‘.25
920 CLA=CLAW
930 COA=COAZDL+2xCL*CLA/(3.1416ExfaR)
940 CHHH=CLH*((]*(2*CL/(3.141b*E*RR))*((RLPHA—IHING)/57.3)*CD/CLQ)*(XR/CH)*(Z‘CL
/(3.1416»E4HR)-(RLPHR-IH!HG)/57.3—CL/CLﬁ)*(ZH/CH))
as o rnAT=r|ﬂT~(1-DFDA)a(§T/Q)‘(lT/(H)~EFF



I Vv ALDLTAI U/ LD

970 IF XLB > .08 OR XLB < .65 THEN 990

980 PRINT" »mwxaa XLB = “;XLB;" 1S OUTSIDE DESIRABLE RANGE OF 0.1 TO 0.65 WHEN Ch
LCULATING KF »xwax

390 KF=-19.6558*XLB‘4+50.3465*XLB”3—26.5479*XLB”2+7.47299~XL8-.464064

1000 CHMAFUS=KF»WFUS*WFUS*LB/ (S*CH) 60
1010 CHA=CHAW+CHAFUS-CHAT

1020 CLDA=2»CLAT*DEDAA(LT1/CH) «~(ST/S) xEFF

1030 CODA=O

1040 CHDA=-24«CLATADEDA*(LT/CH) +(LT1/CH) +(ST/S)»EFF

1050 CLA=2+(XCG/CH)*CLA+2«(LT/CH)*CLAT=(ST/S)*EFF

1080 CDO=0

1070 CHO=-2%(XCG/CH"2) *DABS (XCG)*CLA-2+(LT/CH) “2*CLAT*(ST/S) *EFF

1080 CHECHT=CHE/CHT

1090 IF CHECHT » 0 OR CHECHT < 1 THEN 1110

1100 PRINT™ 4w« CHE/CHT = ";CHECHT;" IS OUTSIDE DESIRABLE RANGE OF 0.0 T0 1.0
WHEN CALCULATING CLDE2D »»wxx

1110 CLDE:D=—.0580767*(CHE/CHT)“4f.146101*(CHE/CHT)‘3-.169823*(CHE/CHT)“2+.19408
4+ (CHE/CHT)~-2.02833E-03

1120 1F ART > 0 UR ART < 10 THEN 1140

1130 PRINT” w»ras ART = " ART;" 1S UUTSIDE DESIRABLE KANGE GF 0.0 TO 10.0 WHEN C
ALCULATING CLDE »mowmmmx ™

1140 ﬂDZD=4.65842m(CHE/CHT)"4—10.9873*(CHE/CHT)”3f9.47521~(CHE/CHT)“2—4.09969»(C
HE/CHT)-.04329%9

1150 IF AD2D > = -.1 THEN 127¢
1160 IF AD2ZD < -.1 AND AD2D > = -.2 THEN 1290

1170 IF AD2D « -.2 AND AD2D > = -.3 THEN 1330

V1380 IF AD2D < -.3 AND AD2ZD » = -.4 THEN 1370

1190 IF AD2D < -.4 AND AD2D > = -.5 THEN 1410

1200 IF AD2D < -.5 AND AD2D > = -.8& THEN 1450

1210 IF AD2D < -.6 AND AD2D > = =-.,7 THEN 1490

122 IF AD2D < -.7 AND AD2D > = -.8§ THEN 1530

1230 ﬂD1=2.55224E-05*RRT"4-8.0707E-04*HRT"3*9.35254E-03*RRT“2-.0487466*RRT*1.120
05

1240 Ab2=1

1250 AD=AD1+(AD2-AD1) +«(AD2D-(-.8))/(~.2)

1260 GOTO 1560

1270 RD=-5.807584E-05«ART "5+2.03746E-03%ART"d-.0284903xART "3+.203783~ART"2~.80271
S»ART+2.77199

1280 GOTU 1560

1280 HDI=°5.80764E-05lﬂRT‘5f2.03746E-0&*HRT‘4-.028&9034RRT“3+.203783*9RT'2:.8027
15xART+2.77199

1300 AD2=-8.58209E-04»ART"3+.0224724~ART"2-.206709»ART+1.81719

1310 AD=AD1+{AD2-AD1) ~(AD2D-(=-.1))/(-.1)

1320 GOTO 15890

1330 RD1=-8.56209E-04%xART"3+.0224724xART"2-.206709=ART+1.81719

13490 HDZ=1.329946-04*HRT’4-3.94385E-03*RRT‘3+.0450323*HRT"2-.249244*RRT*1.69816

1350 AD=AD1+(AD2-AD1) «(AD2D-{-.2))/(-.1)

1360 GOTO 1580

1370 AD1=1.32994E-04~ART " 4-3.94386E-03xART "3+.0450323xART "2-.245244ART+1.69816

1330 HDE=—7.2435IE—OG*RRT“6+2.35239E-04~RRT‘5-2.85355E-03*RRT"4+.0150882*9RT‘3*.
0214656+ART"2-.108685=ART+1.47429

1330 AD=AD1+(AD2-AD1) *x(AD2D-(-.3))/(~.1)

1400 GOTO 1560

14190 HD1=-7.2435IE-06&RRT”6+2.35239E-04'RRT'5—2.85365E-03*RRT“4*.0150882*RRT‘3-.
02146086«ART " 2-.108685~ART+1.47429

1420 HD2=-1.1681E—05*RRT”5+4.30597E-04*RRT‘4-6.21814E-03*RRT“3+.0456723*RRT“2—.1
34917«AKT+1,.41226

1430 AD=ADI+(ADZ-AD1) » (AD2D-(-.4))/(-.1)
1440 GOTO 15860
1450 QD1=-1.1681E—05*HRT”5+4.30597E-04»9RT‘4-6.21814E-0349RT"3+.0456723*RRT“2-.1

S4817+ART+1.41226

1460 AD2=-7.3708E-06»ART "5+3 . 07T952E-04%ART " 4-4.89224E-03ART"3+.0380384%ART~2-.1
54528»ART+1.32118

1470 AD=AU1+(AD2-AD1) *x(AD2D-(~.5))/(-.1)

480 GATO 1560



14399 HDI=-7.3708E-00~HRT"5+3.07952E-044HRT“4-4.89224E-03*RRT“3+.0380384*RRT‘2-.1
54520 »ART+1.3211%

1500 H02=2.4349dE-08*RRT"4—2.55415E—04*9RT“3+.0057758*RRT'2-.0487234*9RT+1.16569
1510 HD=AL1+(AD2-AD1) ~+(AD2D-(-.6))/(~-.1)

1520 GO0TO 1560

1530 HD1=2.43494E-08*HRT‘4-2.55415E-04*QRT‘3*.0057768*HRT“2-.0487234*RRT*1.16569
1540 HDQ=2.55244E-05!9RT‘4—8.0707E—04*RRT‘3+9.35254E-03ARRT“2-.0487466*RRTfI.120
0o

15506 AD=AD1+(AD2-AD1) «(AD2D-(-.7))/(-.1) 61
1560 CLDE=CLDEZD»(CLAT/(CLA2DT)) +AD=(ST/S) ~EFF

1570 CLIN=CLDE

1580 CDDE=0

1990 CDIN=CDDE

1600 CHDE=(-LT/CH)*CLDE

€10 CHIN=CHDE

1
1620 CLU=0

1630 CDU=0

1640 CHU=0

1650 CTu=0

18660 CTRPH=0

1670 CLS

1680 PRIKT™ PERTINENT AIRPLANE CHARACTERISTICS
1690 PRINT™ e o e e e e .. "
1700 PRINT

1710 PRINT ATRCRAFT MODEL : "; : PRINT AS
1720 PRINT

173 PRIKRT “"DENSITY (SLUGS/FT*#3) = ",RHO
1740 PRINT "VYELOCITY (FT/SEC) = ",

1750 PRINT "HASS (SLUGS) = ";ns

1760 PRINT “IYY (SLUG-FT~x2) ey | Y'Y
1770 PRINT "“THRUST (POUNDS) = “;THRUST
1780 PRINT "2J (FT) S )

1790 PRINT "GaCOS(GAMMA) (FT/SEC/SEC) = ";6C0SGH
1800 PRINT "G+SIN(GAHMMA) (FT/SEC/SEC) = ";GSINGH
1810 PRINT "COS(X2) = ",C00S8X2
1320 PRINT "SIN(XZ) = ", SINXZ
1330 PRINT

1840 PRINT "WING AREA (FT«x2) =W ;S

1850 PRINT "HORZ. TAIL AREA (FTra2) . == .
1860 PRINT “WING SPAN (FT) S [

1870 PRIKT "HORZ. TAIL SPAN (FT) " ;BT

1880 PRINT "WING CHOKD (FT) = ;CH

1890 PRINT "HORZ. TAIL CHORD = ", CHT
1900 PRINT “WING ASPECT RATIO = ",AK

1910 PRINT "HORZ. TAIL ASPECT RATIO = ",ART
1920 PRINT "WING TAPER RATIO = ",TR

1930 PRINT "HORZ. TAIL TAPER RATID = ", TRT
1940 PRINT "WING ALPHA (DEGREES) = ",ALPHA
1950 PRINT “TAIL ALPHA (DEGREES) = ",ALPHAT
1960 PRINT “IWING (DEGREES) = ", IWING
1970 PRINT "1TAIL (DEGREES) = "L IThHIL
1900 PRINT “DOWNWASH HNGLE (DEGREES) = "iLbW

1990 PRINT "DOWNWASH/ALPHA = ";DEDA
2000 PRINT "ELEVATOR ANGLE (DEGREES) = ",DELTRE
2010 PRINT "ELEVATUR AREA (FT~=2) = ", SELEV
2020 PRINT "TAIL EFFICIENCY = ", EFF
2030 PRINT "ELEVYATOR CHORLU (FT) = ";CHE
2040 PRINT "2-D WING CLA = ",;CLA2DW
2050 PRINT "2-D TAIL CLA = ", CLA2DT
2060 PRINT "CDPIE = ",CDPIE
2070 PRINT "2-D WING CDR = ";CDAR2D
2080 PKRINT "2-D WING CL = ";CL20W
2090 PRINT

2100 PRINT ~ DISTANCES

2110 PRINT

2120 PRINT "1V FNGTH NF FUSFIARF = "IULB
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PRINT "WIDTH OF FUSELAGE " WFUS

PRINT “C.G. TO TAIL QUARTER-CHORD (FT) = "5LT

PRINT "WING TO TAIL QUARTER-CHORD (FT) = "SLTH

PRINT “C.G. TO WING A.C.(CHDRDWISE) (FT) = "; XA

PRINT "C.G. TO WING A.C.(VERTICAL) (FT) = ";ZA

PRINT “NOSE TO WING QUARTER-CHORD (FT) = ", XFuUSs

PRINT “C.G. TO WING QUARTER-CHORD (FT) = ";XCG

PRINT "C.G. TO THRUST AXIS (FT) = 32T

PRINT

PRINT * LONGITUDINAL STABIL!TY DERIVATIVES

PRINT

PRINT USING "CL S RBA.HBER "3 CL; : PRINT USING
“;CLA; : PRINT USING “CLDA =S HHA . ARER ";CLDA

PRINT USING "CLQO S ORHH L HAEHK “CLO; : PRINT USING
"JCLDE; : PRINT USING "CLU = HUHR. WA “sCLU

PRINT USING "CT = RUH.RHHR 50T, : PRINT USING
"3C0, D PRINT USING “CDA S OHHKR . HNAA ";CDA
PRINT USING "CODAR = HHHB.WHHEK ";CDODA; T PRINT USING
";CD0Q; P PRINT USING "CDDE = HHEA.RBHRY ";CDDE

PRINT USING "COU = HBH.HAWRY "3CDU; : PRINT USING
"SCTU; : PRINT USING "CH = RHB . BARH “;CH

PRINT USING "CHA = HRRH.RHRR “;CHMA, :© PRINT USING
";CHDA; : PRINT USING "CHQ = HERH . HHHA ",Ccno
PRINT USING "CHDE = HUH.nUH# “";CHDE;: PRINT USING
" CHU, D PRINT USING "CTKPM = Huu.hnng “;CTRPH

REM AN R RO I R A R R OB R R R R K R R R R R R K KR I A AR A K K R R K OR K R AR &

REM CALCULATION OF DIMENSIONAL STABILITY DERIVATIVES

REH ******h‘*‘l!l*****‘*l'%*l‘!“l*‘l**tl*’l’lll**********

D=RHO»U~+S/ /NS

DC=RHD+~U+S~CH/ 1YY

REN AROR R A R AR OK R OR R O R A KA R R X AR KON A A K R R AR K R R Ok R R Ok K A & A

RER DIMENSIONAL STABILITY DERIVATIVES

REN T R I N A A A

XU=Da(~-(CDU+CD))

ZU=D~ (- (CLU~CL))

HU=DC+(CHU+CH)

TU=D»(CTU~CT)

XW=(D/2)»{CL~-CDA)

ZW=(D/2)~{-{CLA+CD))

HH=(DC/2) ~CHA

ZOW=-RHO*S+CH~CLDA/ (4~HS)

XDW=-KHO%S»CH~CDDA/ (4~HS)
HOW=RHO*S»CH4CH=CHDA/ (4~1YY)
XO=-KRO*»U«S=CH=CDO/(d42HS)
Z0=-RHOAU+S4CH=CLO/ (4%xHS)

HO=0C»CH=CHO/4

TRPH=30+»CH+DACTRPH
XIN=-D»CDINAU/Z
ZIN=-DxCLIN=U/2
HIN=DC*CHIN&U/2

PRINT

PRINT - DIMENSIONAL STABILITY DERIVATIVES
PRINT

PRINT USING XU S BARALHEHH "y XUG : PRINT USING
" ZU; D PRINT USING "My = HEW . HHBR “ oMU

PRINT USING "TuU S NAH.REHE "y TU; ! PRINT USING
“ AW : PRINT USING "ZW = dab.u#ah "W

PKINT USING "MW = dan.Hhay Y HW : PRINT USING
“XDWS; r PRINT USIHG "2DW = AH#.Addn ", 2DW

PRINT USING "HDW = dnf.Hunt “yHDW; : PRINT USING
"oXa; D PRINT USING “20 S OHUR . hREG " 20

PRINT USIHNG “HQ = KHB . HERH "y H0; P PRINT USING
"3 TRPH;: PRINT USING “XIN = GKH.H#HRHA "y XIN

FPRINT USING “JZIN = Huh#.H8ud “TZIN; ¢ PRINT USING
"SRIN

REFM sxarrrarrmcnaemana L A I I N N N I I O N Y QG

“CHDA

“cnu

“7U

"X W

"XDW

" X0

“TKPH

"HIN

HHR

Had.

HHK.
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2660 REM DENOHMINATOR COEFFICIENTS

2670 REMN **x*«*m«*n***r«***m***44»4*:«:«4«4»4»*m*xmm:«mmnmmnx

2880 A1=TUXCOSXZ+xU

2690 A2=SINXZ=TU-2ZU 63
2700 A3=ZJ»HS»TU/IYY+NU

2710 A4=1-2DW

2720 AS5=20+U
2730 DS(5)=ha4

2740 DS(4)=-ﬁ44(H0*Rl)-ZH-HDH*R5+XDH*HQ

2750 DS(3):R1*(H0*94+ZH+HDN*R5)-A3*(XDN*R5+XU*H4)+H0*ZH~H?*(HU*XDN-XH-XD*HDH)*HD
WrGSINGH-MWxAS

2760 DS(2)=GSINGH*(XDH*R3+HH-HDH~H1)*ECOSGH*(-RZ*HDH+R3*94)+R34(-XN¥RS*ZH*XD)-92
Ao XUHWrXWeMD) vAT A (-HO*ZW+HW*AS)

2770 DS(1)=GCUSGN*(HN*(-RZ)-ZH*R3)+GSINGH*(XH*93-HH*A])

2780 PRINT

2790 PRINT * POLYNOHIAL COEFFICIENTS FOR THE PENOHINATOR

2800 PRINT *  mmom e _L_l_._

2810 FOR =1 T0 5

2820 PRINT "DS(";6-1;") = -; DS(8-1)

2830 NEXT i

2840 ON ERROR GOTO 3230

2850 REHM ROOTS OF POLYNOHIAL ORDER 4

2860 P=DS(4)/DS(5)

2870 Q=DS(3)/DS(5)

2880 R=DS(2)/DS(5)

2890 S-DS(1)/DS(5)

2900 KC(4) =1

2910 KC(3)=-.5+0
2920 KC(2)=.25+(P»R-428)
2930 KCL1)=.125%x(4x0%S~P#PxS-Rx*R)

2540 HKC=(3+KC(4)'KC(2)-KC(S)*KC(S))/Q*KC(A)*KC(A)
2950 GKC=(2~KC(3)*KC(3)*KC(3) S9AKC(4) »KC(3) «KC (2) *27«KC(4) xKC(4) «KC{1))/(27%KC(4
) AKC(4)»KC(4)) .
29¢0 RAD=GKC»GKC+d»HKC»HKC+HKC

2370 IF RAD < 0 THEN 3240

29590 UK3=((—GKCfDSUR(GKCmGKCfd*HKC~HKC*HKC))/2)

29990 RTUKC=(DHBS(UK3))“.3333333333333334n

3000 UKC=SGN(UK3) »ABS (RTUKC)

3010 VKC=-HKC/UKC )
3020 KROOT=UKC*VKC-KC(3)/(3~KC(4))

3030 A=SOR (2+-KROOT+PxpPx, 25-0)

3040 B=(KROOT»P-R)/(2xA)

3050 QUF1(3)=1

3060 QUF2(3)=1

3070 QUF1(2)=.5«P-4

5080 QUF2(2)=.5xP+A

3030 QUF1(1)=KROOT-B

3100 QUF2(1)=KROOT+B

3110 GOSUB 3300

3120 ROOTR(1)=RR1(1)

3120 ROOTR(2)=RR1({2)

140 RODTI(1)=R11 (1)

150 ROOTI(2)=R11(2)

160 GOSUB 3420

170 RKOOTR(3)=RRZ2(1)

180 RODTR(4)=RR2(2)

190 ROOTI(3)=RI2(1)

200 ROOTI(4)=R12(2)

GOSuB 3540

GOSUB 3610

END

THETR]=(-GKC/(2*SOR(-HKC*HKC*HKC)))
THETR2=SUR(1-THETH1ATHETR1)

THETA=ATN(THETA2/THETA1)

TH3=THETR /3

annT:m(nquHﬁ)ﬂnR(—HKH—KCM)/(3~KC(4))
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3300
3310
3320
3330
3340
3350
3360
3370
3380
333990
3400
3410
3420
3430
3440
3450
3460
34790
3480
3490
3500
3510
3520
3530
3540
3550
3560
3570
3580
3990
3600
3510
3620
3630
Suvdo
3590
3660
3790
3680
3090
3700
3710
3720
3730
3740
3750
3760
3770
3780
Ok

GOT0 3030
DIS=0UF1(2)%0QUF1(2)-4%QUF1(3)~0UF1(1)
IF PIS < 0 THEN 3370
RR1(1)=(-0QUF1(2)+SAR(DIS)) Z(2%QUF1(3)) 64
RR1(2)=(-0UF1(2)-SOR(DIS))/(2%QUF1(3))
RI1(1)=0

RIT(2)=0

GOTO 3410

RR1(1)=-QUF1(2) /7 (2%0UF1(2))
RR1(2)=RR1(1)
RIN(1)=(-SQR(-DIS))/(24QUF1(3))
RIT(2)=(SOR(-DIS)) /(2~QUF1(3))

RETURN
DIS=QUF2(2)~QUF2(2)-4»0UF2(3)*QUF2 (1)
IF DIS < 0 THEN 3490
RR2(1)=(-0UF2(2)+SAR(DIS))/(2%QUF2(3)}
RR2(2)=(-0UF2(2)-SOR(DIS))/(2»QUF2(3))
RI2(1)=0

kKI2(2)=0

GOTO 3530

RR2 (1) =-QUF2(2)/(2=QUF2(3))

RR2(2) <RR2 (1)

RIZ{1)=(-SAR(-DIS))/(2%QUF2(3)) .
RI2(2)=(SOR(-DIS)) /(2xQUF2(3))

RETURN

PRINT _

PRINT" ROOTS OF POLYNOMIAL

PRINT

FOR 1=1 TO 4

PRINT "ROOT(";1;") = ";RO0TR(I):" + 4 “;RO0TI(1)
NEXT I

RETURN *

WE=SOR(OUFT (1)) @ W2=SQR(DUF2(1))

bl
[F W1 > W2 THEN 3¢€€0
WNSP=W2 : WNP=W1
INSP=UOUF2(2) /7(2+WNSP) © ZNP-QUFI1(2)/(2«WNP)
GUTOD 36380
WNSP=W1 : WNP-W2
INSP=QUF1(2)/(2~WNSP) : ZNP=QUF2(2)/(2*=WNP)
T12SP=.693147/(ZNSP=WNSP) .
T12P=.693147/ (ZNP*WNP)

PRINT : PRINT © “," SHORT PERIOD";" "y "PHUGODID"
PRINT

PRINT "NATURAL FREQUENCY (RAD/SEC) = “;WNSP;" "I HNP

PRINT "DAMPING RATIO = "JINSP;” "3 ZNP

PRINT "TIME FOR 1/2 DAMPING (SEC) = ",T1ese; "3 T12P

RETURN

PRINT @ PRINT “aws«srwr THIS A/C HODEL [S NOT FOUND =kwwwnx

CLOSE 41

GOTD 120
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Appendix B

CORFIL computer program

CORFIL is the associated program of LOPROG which is developed for the change

in the value of any input data stored in data file, which created by LOPROG, and

!

restoring the new value of specifically changed variable into the same data file,

The source listing of CORFIL is shown as follow.

LIST
10 RENM PROGRAN FOR CHANGING INPUT DATA OF LOPROG PROGRAMN

20 REHN *ln!*nﬂlmmmm*-K******4**4!***A*m*********»«l*’l******

30 CLS

40 PRINT : PRINT : PRINT

S0 PRINT K A RO AOKOR R K K R R K R K K K O R K K
60 PRINT “ENTER NAME OF DATA FILE
70 PRINT "M R OR K HOK K R MR K R R K R R N ok ok K R ok K ™

80 AF=INKEYS

30 INPUT AS

100 Ag=A%+" . LOP"

110 ON ERROR GOTO €40

120 OPEN A% FOR INPUT ASHI

150 INPUT nl,RHD,U,HS,IYY,THRUST,ZJ,GCOSGH.GSINGH.CDSXZ,SINXZ,S.ST.B,BT,EFF,CHE,
TR,TRT,CL2DH,1TRIL,CLRZDH.CLR2DT,CDPlE,CDR?DN,ALPHR,INING,LT,LTI,Xﬂ,ZR,LB,HFUS.X
FUS,XCG,ZT,SELEYV

140 CLUSE #1

150 PRINT"ENTER NAME OF VARIABLE YOU WISH TO CHANGE ITS VALUE
160 BE=INKEYS :

170 INPUT BS

180 PRINT : PRINT"ENTER NEW VALUE FOR ABOVE VARIABLE"
180 IF B$="RHO" THEN INPUT RHO

200 IF B$="U" THEN INPUT U

210 IF B$="HS" THEN [INPUT HS

220 IF B$="1YY" THEN INPUT 1YY

230 IF B$="THRUST" THEN INPUT THRUST

240 IF B$="24" THEN INPUT 2J

250 IF B$="GCOSGH" THEN INPUT GCOSGH

260 IF BS="GSINGH" THEN INPUT GSINGH

270 IF BE="COSXZ" THEHN INPUT COSX2

280 IF B$="SINXZ" THEN INPUT SINXZ

290 IF B%="¢ THEN INPUT S

300 IF B$="ST" THEN INPUT <7

310 IF B$="8 THEN INPUT B

320 IF B$="BT" THEN INPUT BT

330 IF BE$="EFF" THEN INPUT EFF

340 1F BE="CHE" THEHN INPUT CHE

350 IF B$="TR" THEN INPUT Tk

360 IF B$="TKT" THEN INPUT TRT

370 IF B$="CL2DW" THEN INPUT CL2CW

380 IF B$="ITAIL" THEN INPUT ITAIL

390 IF B$="CLA2DW" THEMN INPUT CLAZ2DW

400 IF B%$="CLA2DT" THEN INPUT CLA2DT



410 IF B®="CDPTE"™ THEN INPUT CDPIE T T Tt - -
420 IF B$="CDA2DW" THEN INPUT CDA2DW
430 IF BE="ALPHA" THEN INPUT ALPHA
440 1F B$="IWING" THEN INPUT IWING
450 IF B$="LT" THEN INPUT LT
480 IF B$="LT1t" THEN INPUT LT1
470 IF B$="XA" THEN INPUT XA
430 IF B$="ZA" THEN INPUT 2ZA
490 IF B$="LB" THEN INPUT LB
500 IF B$="WFUS" THER INPUT WFUS
$10 IF B$="XFUS" THEN INPUT XFUS
520 IF B$="XCG" THEN INPUT XCG
S30 IF B$="2ZT" THEN INPUT 2T
540 IF B$="SELEV™ THEN INPUT SELEV
T 550 PRINT : PRINT"DONE ! , ANOTHER VARIABLE 2 (Y/N)"
§60 CI=INKEYS
570 INPUT CS$
580 IF C$ < > "Y" THEN 600
590 GOTO 150
600 OPEN A% FOR OUTPUT AS #1
T 610 PRINT #1,RHO;U;HMS; 1YY, THRUST;ZJ;GCOSGH;GSINGH;COSX2Z;SINXZ;S;ST;B;BT;EFF;CHE;
TRYTRT;CL2DW; ITAIL;CLA2DW,; CLA2DT;COPIE;CDA2DW; ALPHA; IWING;LT;LT1;XA;ZA;LE;WFUS;X
FUS; XCG;2T;SELEY
620 CLOSE #1
§30 END
640 PRINT : PRINT “xwawwsr NO FILE  skmnks " : PRINT
650 GOTOD 10
Ok



Appendix C

Output listing produced by LOPROG

PERTINENT ARIKPLANE CHARACTERISTICS

AIRCRAFT MODEL

DENSITY (SLUGS/FT=x23)

YELOCITY (FT/SEC)
HASS (SLUGS)

IYY (SLUG-FTx*x2)
THRUST (PDUNDS

2J (FT)

C~COS(GAHMA) (FT/SEC/SEC)
G+SIN(GANMA) (FT/SEC/SEC)

C0S(X2)
SINIXZ)

WING AREA (FTax2)

HORZ. TAIL AREA (FT»=2)

WING SPAN (FT)

HOKZ. TAIL SPaAN (FT)

WING

HORZ.

WING

HOKZ.

WING

HORZ.

WING
TATL

IWING
ITAIL

CHORD

(FT)

TallL CHORD
ASPECT RATIO

TAIL
TAPER
TAIL
ALPHA
ALPHA

ASPECT RATIO
RaTl0

TAPEK RATIQ
(DEGREES)
(DEGREES)

(DEGREES)
(DEGREES)
DOWNWASH ANGLE (DEGREES)

DOWNWASH/ALPHA

ELEVATOR ANGLE (DEGREES)
ELEVATOR ARER (FTx»2)

TATL EFFICIENCY

ELEVRTOR CHORD (FT)

2-D WING CLA
2-D TAIL CLaA
COPIE

2-D WING CDA
2-D WING CL

LENGTH OF FUSELAGE
WIDTH OF FUSELARGE

r R TN TATt NHARTFR-CHNEKD

DISTANCES

RTAF-5

(FT)

.00205
243.7
106 .7
3000

0

.85
32.2

0
.9
0

[EAE o]
= W

w

(Y=
W

1638

30

K Lty
10.5¢
5.20124
2.83554
.2100%
3.73121
.87

1

<

3
.750574
3
2
1.24943
.444846
.5€502%
13.45
.9

S.4%
R
.108
.035

0

.29

18.42
= .08
= 14 49
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C.G. TO WING A.C.(CHORDWISE) (FT) = 6
C.G. TO0 WING A.C. (VERTICAL) (FT) = .85
NOSE TO WING QUARTER-CHORD (FT) = 12.9%8
C.G. TO WING QUARTER-CHORD (FT) = -.28
C.G. TO THRUST AXIS (FT) = 5

LONGITUDINAL STABILITY DERIVATIVES
cL = 0.3000 CLA = 4.5677 CLDA
cLe = 2.8442 CLDE = 0.6820 cLu
cT = 0.0000 Ch = 0.0398 CDA
CDDA = 0.0000 oo = 0.0000 CDDE
coy = 0.0000 CTu = 0.0000 CH
CHA = =-0.5000 CHDA = -4.3052 CHO
CHDE = -1.9655 cHy = 0.0000 CTRPH

DIMECNSIONAL STHEILITY DERIVATIVES
XU = -0.0307 zu = -0.231% HU =
T4 = 0.0000 X W = 0.0598 W =
MW = -0.0364 XDW = 0.0000 bW =
HOW = -0.0033 X0 = 0.0000 z0 =
MO = -1.8000 TRPH = 0.0000 XIN =
ZIN = -64.1658 MIN = -34.8508%
POLYNOMIAL COEFFICIENTS FOR THE DENOMINATOR

PS( 5 ) = 1.00815
0S{ 4 ) = 4.42579
DS 3 ) = 12.1121
DS 2 ) = 417262
pS( 1 ) = 27133%

ROOTS OF POLYNOHMIAL
ROOT( 1 ) = -.0132619 + J -.14995 1
ROOT( 2 ) = ~.0132619 + J .149981
RODT( 3 ) = -2.1861 + J -2.6684
ROOT( 4 ) = -2.1881 =+ J 2.6854

SHORT PERTOD p

NATURAL FREQUENCY (RAD/SEC) = 3.44955
DAMPING RATID = .633735% )
TINE FOR 1/2 DAHPING (SEC) = .31707 52,

Ok

LS

L B R R L)

CRTRE TN

N .

n
C oo OO =

0.0000
-1.7788
-0.0062
-2.855¢

0.0000

.4938
L0000
. 1457
.0000
.0000
.5130
L0000

68
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Appendix D

D.1 CLASSIFICATION OF AIRPLANES

REQUIREMENT

Classification of airplanes. For the purpose of this specification,

an airplane shall be placed in one of the following Classes :

Class I Small, light airplames such as
Light utility
Primary trainer

Light observation

Class II Medium weight, low-to-medium maneuverability airplanes such as
Heavy utility/search and rescue
Light or medium transport/cargo/tanker
Early warning/electronic countermeasures/airborne command,
control, or communications relay
Antisubmarine
Assualt transport
Reconnaissénce
Tactical bomber
Heavy attack

Trainer for Class II

Class III  Large, heavy, low-to-medium maneuverability airplanes such as
Heavy transport/cargo/tanker

Heavy bomber
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Patrol/early warning/electronic countermeasures/airborne
command, control, or communications relay

Trainer for Class III

Class IV High-maneuverability airplanes such as
Fighter/interceptor
Attack
Tactical reconnaissance
Observation

Trainer for Class IV

The procuring activity will assign an airplane to one of these Classes,
and the requirements for that Class shall apply. When no Class is
specified in a requirement, the requirement shall apply to all Classes.
When operational missions so diétate, an airplane of one Class may be
required by the procuring activity to meet selected requirements ordi-

narily specified for airplanes of another Class.
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D.2 FLIGHT PHASE CATEGORIES

REQUIREMENT

Flight Phase Categories. The Flight Phases have been combined
into three Categories which are referred to in the requirement state-
ments. These Flight Phases shall be considered in the context of total
missions so that there will be no gap between successive Phases of any
flight and so that transition will be smooth. When no Flight Phase or
Category is stated in a requirement, that requirement shall apply to
all three Categories. In certain cases, requirements are directed at
specific Flight Phases identified in the requirement. Flight Phases

descriptive of most military airplane missions are :

Nonterminal Flight Phases

Category A - Those nonterminal Flight Phases that require rapid
maneuvering, precision tracking, or precise flight-

path control. Included in this Category are :

a. Air-to-air combat (CO)

b. Ground attack (GA)

c. Weapon delivery/launch (WD)

d. Aerial recovery (AR)

e. Reconnaissance (RC)

f. In-flight refueling (receiver) (RR)
g. Terrain following (TF)

h. Antisubmarine search (AS)

i. Close formation flying (FF)
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Category B - Those nonterminal Flight Phases that are normally
accomplished using gradual maneuvers and without
precision tracking, although accurate flight-path
control may be required. Included in this Category
are :

a. Climb (CL)

b. Cruise (CR)

‘c. Loiter (LO)

d. In-flight refueling (tanker) (RT)
e. Descent (D)

f. Emergency descent (ED)

g. Emergency deceleration (DE) .

h. Aerial delivery (AD)

Terminal Flight Phases :

Category C - Terminal Flight Phases are normally accomplished
using gradual maneuvers and usually require accurate
flight-path control. 1Included in this Category are :
a. Takeoff (TO)

b. Catapult takeoff (CT)

c. Approach (PA)

d. Wave-off/go-around (WO)

e. Landing (L)
When necessary, recategorization or addition of Flight Phases or delinea-
tion of requirements for special situations, e.g., zoom climbs, will be

accomplished by the procuring activity.



73

D.3 LEVELS OF FLYING QUALITIES

REQUIREMENT

Levels of flying qualities. Where possible, the requirements of

Section 3 have been stated in terms of three values of the stability or

control parameter being specified. Each value is a minimum condition to

meet one of three Levels of acceptability related to the ability to com—

plete the operational missions for which the airplane is designed. The

levels are

Level 1

Level 2

Level 3

Flying qualities clearly adequate for the mission Flight

Phase

Flying qualities adequate to accomplish the mission
Flight Phase, but some increase in pilot workload or

degradation in mission effectiveness, or both exists

Flying qualities such that the airplane can be controlled
safely, but pilot workload is excessive or mission effec-
tiveness is inadequate, or both. Category A Flight
Phases can be terminated safely, and Category B and C

Flight Phases can be completed.
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D.4 PHUGOID STABILITY

REQUIREMENT

Phugoid stability. The long-period airspeed oscillations which

occur when the airplane seeks a stabilized airspeed following a distur-

bance shall meet the following requirements :

Table Phugoid damping ratio requirements

a. Level 1 Cp at least 0.04

b. Level 2 Cp at least O

c. Level 3 T2 at least 55 seconds.
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D.5 SHORT-PERIOD FREQUENCY AND ACCELERATION SENSITIBITY

REQUIREMENT

Short-period frequency and acceleration sensitivity. The short-

period undamped natural frequency, mnsp’ shall be within the limits
shown in figures 1, 2 and 3. If suitable means of directly controlling

normal force are provided, the lower bounds on wnsp and n/a of

Figure 3 may be relaxed if approved by the procuring activity.,
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D.6 SHORT-PERIOD DAMPING

REQUIREMENT

Short-period damping. The short-period damping ratio, Tops shall

be within the limits of table IV.

TABLE IV Short-period Damping Ratio Limits

Category A and C Flight Phases Category B Flight Phases
Level
Minimum Maximum Minimum Maximum
1 0.35 1.30 0.30 2.00
2 0.25 2.00 0.20 2,00
3 0.15% - 0.15% -

* May be reduced at altitudes above 20,000 feet if approved by the

procuring activity.,
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